
Laminar Airfoil Modification Attaining Optimum
Drag Reduction by Use of Airfoil Morphing

Hiroharu Suzuki,∗ Kenichi Rinoie,† and Asei Tezuka‡

University of Tokyo, Tokyo 113-8656, Japan

DOI: 10.2514/1.46152

In this paper, the effectiveness ofmorphing a laminar airfoil’s leading edge throughdeformation in order to reduce

the drag at the offdesign angle of attack is investigated. The configuration of the airfoil was deformed under the

structural restriction that the leading edge is deformedwhilemaintaining both the girth of the deformed part and the

configuration of the wing box. The NACA631-012 laminar airfoil was chosen as the baseline airfoil. The Reynolds

number based on the baseline airfoil chord was Rec � 3 � 106. Aerodynamic characteristics of the baseline and

deformed airfoils have been investigated using a viscous–inviscid interaction method. It is shown that the leading-

edge deformation is effective in reducing the drag at the offdesign angle of attack, in comparison with the baseline

airfoil. The transition point has been estimated, using a numerical method based on a linear stability theory. The

deformation is an effective means tomove the transition point aft on the airfoil, and the extension of the laminar flow

area results in a reduction in the drag at the offdesign angle of attack.

Nomenclature

Cd = drag coefficient
Cl = lift coefficient
Cp = pressure coefficient based on the freestream static

and dynamic pressures
c = airfoil chord length, m
l = girth of the airfoil at the leading edge, m
n = amplification factor
Rx = Reynolds number based on ue and coordinate along

the airfoil surface measured from the leading edge
R� = Reynolds number based on ue and �
Rec = Reynolds number based on the chord length
t = airfoil half-thickness distribution, m
U1 = freestream velocity, m=s
ue = local velocity at the edge of the boundary layer, m=s
x = Cartesian coordinate along the chord direction,

measured from the leading edge of the baseline airfoil, m
y = Cartesian coordinate perpendicular to x and measured

from the leading edge, m
ycamber = airfoil camber line, m
Z = Cartesian coordinate parallel to x and

nondimensionalized using c as defined in Eq. (2).
� = airfoil angle of attack, deg
� = leading-edge deflection angle, deg
� = momentum thickness, m

Subscripts

c = connecting point
L = center of rotation
0 = leading-edge or baseline airfoil

I. Introduction

M ORPHING aircraft are one research topic that has been
captivating the attention of the aeronautical science and

engineering community. This involves aircraft that can freely change
shape during flight to attain the highest degree of performance and
efficiency [1].

If the configuration of an airfoil is rigid, there is only one optimum
flight condition (at the design angle of attack). Therefore, during
other flight conditions, this airfoil’s performance is compromised.
However, by employing a morphing airfoil, the airfoil can conform
to suit the optimum configurations required of different flight condi-
tions, such as at takeoff, cruise, and loitering, allowing for maximum
performance and highly efficient flight. In previous studies, several
researchers have been studying the morphing airfoil. Joshi and
Tidwell [2] proposed a deforming wing platform. Prock et al. [3] and
Gano and Renaud [4] proposed the deformation of an airfoil cross
section. Martins and Catalano [5] discussed the variable camber
airfoil, employing the mission adaptivewing concept to optimize the
transport aircraft wing under cruise conditions.

In this paper, we focus on a cross-sectional deformation of a
laminar airfoil to reduce the drag at offdesign angles of attack by use
of this morphing technology.

Although a laminar flow airfoil gives a laminar bucket for the
angle-of-attack range around a design point, laminar airfoils tend to
have more drag than conventional airfoils at attack angles outside of
the laminar bucket. With this background in mind, we propose that
the drag of a laminar airfoil at its offdesign angle of attack can be
reduced if the boundary layer over its surface maintains its laminar
properties as much as possible by deforming the airfoil with the help
of airfoil morphing. The concept behind the laminar airfoil is that the
transition is delayed when there is no adverse pressure gradient near
the leading edge and when the accelerating flow region is maintained
as long as possible. However, at offdesign angles of attack, this
favorable accelerating region is lost, and the transition is promoted.
Our concept is to maintain this accelerative region of the baseline
laminar airfoil, even at offdesign angles of attack, by deforming the
leading-edge section suitably. A conceptual diagram for this drag
reductionmodel is shown inFig. 1. For a propeller-driven aircraft, the
lift coefficient Cl at which the rate of climb is maximized is approx-
imately 1.7 times greater than theCl when the lift/drag ratio (L=D) is
maximized. This means that significant drag reduction and increase
in L=D are possible at an angle of attack larger than the design point
when L=D is maximized.

However, from the structural point of view, the central part of an
airfoil, which is the part between the front spar and the rear spar, is
difficult todeform,because it constructs the torqueboxandcomprises
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a fuel tank. Therefore, we have decided to deform only the leading-
edge part anterior to the front spar. In addition, again from a structural
point ofview,we imposeaconstraint on theairfoil deformation so that
the girth of the deformed airfoil’s leading-edge part is kept equal to
that of the baseline one. A conceptual diagram of this deformation is
shown in Fig. 2.

Under these structural constraints, our research on aerodynamics
has been carried out according to the flowchart shown in Fig. 3. First,
the leading-edge part of the deformed airfoil is expressed analytically
by the camber distribution and the thickness distribution, which are
both functions of the chordwise stations. Next, the potential flow
direct method is performed to estimate the surface pressure distri-
bution on the deformed airfoil. Following this, we select one
particular deformed airfoil at each angle of attack for which the
surface pressure distribution satisfies the following three criteria:

1) It has no sharp suction pressure peak near the leading edge.
2) The flow acceleration region is maximized along the chordwise

direction.
3) It shows no discontinuity over the airfoil surface.
Finally, the characteristics of this deformed airfoil are investigated

by means of the viscous–inviscid interaction (VII) method, which
iterates the panel method and boundary-layer analysis. The drag
reduction resultant from enlargement of the laminar flow region is
confirmed by an empirical transition point estimation and a
numerical method based on a linear stability theory.

II. Analytical Method

A. Baseline Airfoil Shape

We selected the NACA631-012 laminar airfoil as the baseline
airfoil to be used in this paper. This airfoil exhibits leading-edge stall

characteristics at the Reynolds number of around 106. The shape of a
laminar airfoil is described by coordinates of discrete data points,
listed in [6].We obtained the geometry of theNACA631-012 laminar
airfoil at a random arbitrary chord point by using cubic spline
interpolations based on these data.

B. Airfoil Deformation

The following describes themethods employed for deformation of
the airfoil’s shape.A conceptual diagramof the deformation is shown
in Fig. 4.

First, we transfer the leading-edge point rotationally. The center of
the rotational transfer is (xr, yr), and the rotational angle is �. The
leading-edge point �0; 0� is then transferred to �x0; y0�. The deformed
leading edge and the baseline airfoil are connected at x� xc. If the
airfoil has a twin spar structure, the front spar is primarily located
around xc=c� 0:25. In this research, we fixed (xr=c, yr=c) as (0.25,
0) and the connecting point xc=c as 0.25.

Next, we express the shape of the deformed leading-edge part,
using camber line ycamber and thickness distributions that are vertical
to the camber line. The camber line ycamber and the half-thickness t are
expressed in the following functions:

ycamber�Z�=c� Y � A� BZ� CZ2 �DZ3 � EZ4

t�Z�=c� T � FZ1=2 �GZ�HZ2 � IZ3 � JZ4 (1)

where

Z� �x � x0�=c (2)

Then, the values of 10 coefficients, fromA to J, are determined by the
following restrictions as a function of only one parameter, rotation
(deflection) angle �:

1) A� y0=c.
2) The leading-edge radius is assumed to be the same as that of the

baseline airfoil. (This condition determines the value F.)
3) Both the upper and lower surfaces of the airfoil must be

continuous at the connecting point (x� xc). This means the first-
order and second-order derivative distributions are continuous at the
connecting point. For this purpose, we have to set some derivatives of
the camber and thickness distributions (ycamber, y

0
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0, and t00) to be continuous at the connecting point. This

condition specifies the values, from B to E, as shown in Eq. (3). The
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Fig. 1 Conceptual diagram of drag reduction.
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Fig. 2 Conceptual diagram of leading-edge deformation.
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Fig. 3 Flowchart of the present research.
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Fig. 4 Enlarged view of the leading-edge deformation.
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4) The structural condition that girth l of the deformed airfoil is the
same as that of the baseline airfoil l0 yields

l� l0 (5)

To obtain the value of l numerically, we define it as the summation of
the discrete panel lengths:

l �
Xn�1
i�1

�������������������������������������������������������
�xi�1 � xi�2 � �yi�1 � yi�2

q
(6)

Weobtained the deformed airfoil shape byfinding thevalueG, which
satisfies l� l0 by use of Newton’s method.

C. Potential Flow Direct Method

Smith and Hess’s panel method, explained in detail in [7], is used
to obtain the surface pressure distribution in the preliminary
discussion regarding the appropriateness of the present deformation.
The number of the panel is 198, and the x component of each panel
length is determined as having half-cosine distribution, with smaller
panels near the leading edge. The angle of attack � is defined as the
angle between uniform flow direction and the chord line of the
baseline airfoil.

D. Viscous–Inviscid Interaction Method

After selecting the deformed airfoil configuration, we used the VII
method, based on Cebeci’s interactive boundary-layer method [8], to
obtain the airfoil characteristics under viscous incompressible flow
conditions. An overview of this method is as follows:

1) Smith and Hess’s panel method with wake panels is used to
obtain the external velocity distribution.

2) The viscous effects are incorporated into the panel method by
distributing the blown air velocity across the airfoil surface.

3) The turbulent transition point was determined by the empirical
correlation method. This method is based on Michel’s method and
Smith’s e9 method, and the correlation is described as the following
equation:

R� � 1:174

�
1� 22; 400

Rx

�
R0:46
x (7)

4) The turbulence model used is Cebeci and Smith’s zero equation
model [8].

5) The drag coefficient is estimated by Squire andYoung’smethod
[9].

6) The inverse boundary-layer calculation is used over and
posterior to the separated flow region.

7) The number of panels over the airfoil surface was 200, and that
over thewakewas 40. The x-direction length of thewake panel is five
times longer than the baseline airfoil chord.

8) Convergence of the VII calculation was confirmed by the
condition that the absolute value of the difference between the Cl
value of present and previous steps is less than 0.0005.

E. Linear Stability Amplification Factor

Transition analysis is performed by use of the en method, based on
the linear stability theory of the laminar boundary layer. The n factor
is defined as ln �A=A0�, where A0 is the amplitude of disturbance at a
neutral point and A is that for the amplification region in the
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Fig. 5 Obtained deformed airfoils.

Fig. 6 Pressure distribution shift caused by change of rotation angle �.
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downstream position. To estimate the onset of the transition
chordwise position by the en method, it is necessary to give the n
factor when the transition occurs. This factor is referred to as N.
However, sincewe do not know this empiricalN value corresponding
to the transition onset in our case, we estimate the chordwise n-factor
distributions and try to discuss the differences between the n-factor
distributions of the baseline airfoil and those of the deformed airfoil.

In this paper, the LSTAB code, which was developed by Japan
Aerospace Exploration Agency, was used for this purpose. This code
is based on the spatial linear stability theory of a three-dimensional
laminar boundary layer and can be used to estimate the amplification
factor of disturbance and the n-factor chordwise distributions.
Details of this LSTAB code are described in [10,11].

III. Results and Discussion

A. Creation of Deformed Airfoil

As described before, the baseline airfoil used here is the
NACA631-012 airfoil. Its design angle of attack is 0 deg. The leading
edge of this airfoil was deflected, using the methods described in
Sec. II.B. Themaximum value of �, at which proper airfoil shape can
be obtained, is present. This is because when � is larger than this
maximum value, G, which satisfies the structural conditions [see
Sec. II.B, Eq. (4)], ceases to exist. The maximum �was 8.46 deg for
the present deformation. The obtained leading-edge deformed
airfoils for �� 0, 2, 4, 6, and 8 deg are shown in Fig. 5.

B. Selection of Deformed Airfoil

The surface pressure distributions at �� 2, 4, 6, and 8 deg
obtained by the panel method are shown in Fig. 6. Each figure
indicates that the pressure distribution changes as � is increased. It
can be explained that, according to the increase in the deflection
angle �, the leading-edge pressure suction peak is reduced, and the
minimum pressure point moves to the rearward position. However,
when the angle of attack is larger than �� 6 deg (Fig. 6d, ��
8 deg), the effectiveness of the present leading-edge deformation
cannot be confirmed (i.e., the leading-edge pressure suction peak
cannot be diminished at any rotation angle �). Therefore, we decided
to focus on angle-of-attack ranges of less than �� 6 deg in this
study. In this angle-of-attack range, we selected the most desirable
deformation angle � for each � by changing � every 0.2 deg, from
�� 0 to 8 deg.Here, the three criteria discussed in Sec. Iwere applied
when finding the � value.

The selected pressure distributions are shown in Fig. 7a, and the
pressure distributions of the baseline airfoil at the same � are shown
in Fig. 7b. By comparing Figs. 7a and 7b, it becomes evident that the
present deformation would be an effectivemeans in which to provide
desirable pressure distribution, enlarging the laminar flow region at
the offdesign angle of attack of the baseline airfoil. This can be
presumed so, because the leading-edge pressure suction peak is
reduced, and the flow acceleration area near the leading edge is kept
large. The distribution of selected � versus � is shown in Fig. 8. This
figure indicates that the larger the angle of attack �, the larger the
rotation angle � needs to be. (Please be advised that the value of � is
selected from the observed pressure distribution, and hence some
scattering in this selection is inevitable. Using the optimization tool
will enable more precise estimation. However, for the purpose of
indicating the benefit of the leading-edge modification, it was
concluded that the present method is sufficient to accomplish the
purpose of this paper.) Figure 9 shows the selected deformed airfoil
configurations for the angles of attack �� 2, 4, and 6 deg.

C. Viscous–Inviscid Interaction Method Results

The characteristics of the baseline airfoil and the selected
deformed airfoils were investigated by means of the VII method.
The Reynolds number based on the baseline airfoil chord was

Fig. 7 Surface pressure distributions.

Fig. 8 Selected � distribution versus �.

Fig. 9 Examples of selected deformed airfoils (black line: baseline airfoil, gray line: deformed airfoil).
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Rec � 3 � 106. The VII analysis was conducted at the selected � for
each �. The results are shown in Figs. 10–13. Figure 10 shows the
drag polar of the baseline airfoil obtained by both the experiment [6]
and the VII method, together with the drag polar of the present
deformed airfoil obtained by the VII method. The VII results for the
baseline airfoil in Fig. 10a show that there is a region where theCd is
relatively small at Cl � 0–0:3. This corresponds to the so-called
laminar bucket. Regarding this bucket, there are slight differences
between the experimental andVII results of theClwhenCd jumps up
at the right-hand side of the bucket, around 0.3. However, other
features, such as the minimum Cd and the Cd distribution outside of
the bucket, are quite similar between the VII and experimental
results. Therefore, it can be said that the present VII method can
validly estimate the Cl and Cd at different angles of attack.
Figures 10b and 10c were obtained by the VII when the deflection
angle � was fixed and the angle of attack was altered (Fig. 10b:
�� 6 deg and Fig. 10c: �� 6:6 deg). This means that optimized

drag reduction has not been obtained for the entire range of Cl in
thesefigures but only at the design angle of attack. Thevertical dotted
lines in each figure indicate the design lift coefficient (i.e., design
angle of attack) of each deformed airfoil. Figures 10a–10c show that,
as the design angle of attack increases, the lift coefficient region,
where the laminar bucket is observed, moves toward the higher Cl
value range, as is illustrated in Fig. 1.

Figures 11–13 are the results of lift curve, polar curve, and lift/drag
ratio distributions for the present deformed airfoil when the optimum
deflection angle, as shown in Fig. 8, was selected for each �.
Measured results of the baseline airfoil [6] are also plotted in
Figs. 11–13.

When compared with the VII results and the experiments for the
baseline airfoil in Fig. 11, they indicate almost similarCl at the same
angle of attack. This means that the lift that decreases due to the
deformation is very small, although the suction peak of the deformed
airfoil is smaller than that of the baseline airfoil, as Fig. 7 indicates.

As Fig. 12 shows, the Cd of the optimum deformed airfoil is kept
very low, even at Cl values higher than Cl � 0:3, at which Cd of the
baseline airfoil increases suddenly. It is important to note that the
deformed airfoil results in Fig. 12were plotted for the caseswhere the
optimum deflection angle �was selected for different angles of attack
(i.e., different Cl). Thus, as shown in Fig. 13, the lift/drag ratio
increases drastically when Cl > 0:3. Figure 13 shows that the lift/
drag ratio increases about 26% (from about 66 to about 83) at
Cl � 0:5.

These results indicate that the present airfoil deformation is an
effective way to reduce the drag coefficient and to increase the lift/
drag ratio at the offdesign lift coefficient for the baseline laminar
airfoil.

Fig. 10 VII results: drag polar (dotted line: design Cl).

Fig. 11 Cl-� curve.

Fig. 12 Drag polar.
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The distribution of upper-surface transition points that were
estimated by the empirical correlationmethod in theVII are shown in
Fig. 14a. This figure indicates that the upper-surface transition points
of the deformed airfoil are kept rearward, when compared with those
of the baseline airfoil, by appropriately deflecting the leading edge.
Because of this rearward-kept turbulent transition point, the drag of
the deformed airfoil is reduced when compared with that of the
baseline one.

D. Transition Analysis by en Method

In the previous section, although drag reduction was indicated,
turbulent transition, which affects drag strongly, was estimated by
empirical methods. Thus, to ensure that the present airfoil defor-
mation model can effectively keep the transition point rearward, we
estimated the value of the linear stability amplification factor of the
baseline and deformed airfoils by use of the LSTAB code based on
the enmethod. The results are shown in Fig. 15. Thisfigure shows the
chordwise distributions of the n value for both the baseline and
deformed airfoils at �� 1–6 deg.

Figure 15 indicates that the amplification factor (n value) of the
present deformed airfoil is kept smaller than that of the baseline

Fig. 14 Upper-surface transition points.

Fig. 13 Lift/drag ratio distribution.

Fig. 15 Distributions of linear amplification factor n.
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airfoil at any chordwise station. As for the baseline airfoil, the
chordwise position where the amplification factor becomes positive
and begins to increasemoves in the upstream direction as the angle of
attack is increased. Conversely, this same position for the deformed
airfoil is almost fixed at the 10–15% chordwise position, except
where �� 6 deg. These results suggest that the presently applied
leading-edge deformation is an effective method to enlarge the
laminar flow region.

As for Fig. 15d,when�� 4 deg, thenvalue of the baseline airfoil
could not be obtained downstream of the 1.4% chordwise position.
This is because a laminar separation occurred at this position, and the
LSTAB code could not analyze the separated area. Because of the
same reason, pertaining to the baseline airfoil, the n values were only
estimable near the leading edge when � > 4 deg. At �� 6 deg
(Fig. 15f), the n value of the deformed airfoil begins to increase very
near to the leading edge, just like the baseline airfoil. As can be seen
in Fig. 7a, there is a small area of negative pressure gradient at about
0:015c, even for the deformed airfoil, which caused this rapid
incremental increase of n.

It is often discussed that the transition n valueN can be selected as
N � 9, regarding results reported from a wind tunnel having normal
freestream turbulent intensity. Although it is not clear whether this
value is applicable for the present case, the transition point obtained
by assuming N � 9 for the present analysis is plotted for each � in
Fig. 14b. For the baseline airfoil, this figure shows that the transition
pointmoves upstreamabruptly as� is increased but, for the deformed
airfoil, the upstream movement of the transition point is moderate,
and this transition point is located downstream of the baseline airfoil,
even at high angles of attack, exceptwhere�� 6 deg. This tendency
is quite similar to the results in Fig. 14a, in which Michel’s method
was applied. Therefore, it can be said that the transition point
obtained by the VII is a reasonable one, and that the drag reduction
obtained by the VII confirms the effectiveness of the leading-edge
airfoil deformation reported in this study.

E. Structural Consideration

In this paper, the leading-edge morphing was discussed from the
perspective of aerodynamics. However, to accomplish such a
morphing airfoil, structural study is also necessary. From the
structural point of view, the possibility of such deformation, as
described in this paper, has been examined by Tokuhiro and Aoki
[12]. By adding strain actuators on both the upper and lower surfaces
of the leading-edge skin, the intention was to deform the airfoil by
adding a bending moment induced by the actuators. Relationships
between the location of the actuators and the deformation of the
leading edgewere studied. In considering an airfoil with a 1-m-chord
length and with a skin thickness of 1 mm, at a Reynolds number of
3 � 106, it was indicated that it is possible to deform the airfoil cross
section similar to that in the present study, under the supposition that
20 actuators are located on the airfoil and each actuator can produce
1.0% induced strain. However, it was reported that the maximum
induced strain capacity of the currently available actuators is limited
to 0.2%. Further development of the actuators and structural analysis
on the airfoil deformation are required.

IV. Conclusions

To reduce the drag of a laminar airfoil at offdesign angles of attack,
the effect of leading-edge deformation by applying morphing
technology was discussed in this paper. The NACA631-012 airfoil
was chosen as the baseline airfoil to be modified. The Reynolds

number based on the baseline airfoil chord was 3 � 106. The
deformation was done under the structural condition that only the
leading-edge part is deformed, while maintaining the wing box, and
that the girth of the deformed part is the same as that of the baseline
one. An airfoil cross section, with the expectation that its boundary
layer will maintain its laminar properties at the offdesign angle of
attack, was selected, based on the airfoil surface pressure distri-
butions. By use of the VII, it was shown that such leading-edge
deformation is an effective way to reduce drag when compared with
values reported regarding the baseline airfoil at the offdesign angle of
attack. It was also confirmed by a numerical method based on linear
stability theory that the deformation effectively keeps the transition
point downstream,when comparedwith that of the baseline airfoil, to
maintain the laminar flow region and, therefore, to reduce the drag at
the offdesign angle of attack. Thus, the drag reduction obtained by the
VII confirmed the aerodynamic effectiveness of the present leading-
edge airfoil deformation reported herein.
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